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Turbulent-Flow Calculations for Flow over Wings
near Maximum Lift

J. E. Deese* and R. K. Agarwalf
McDonnell Douglas Research Laboratories, St. Louis, Missouri 63166

The calculation of horizontal stabilizer flowfields near maximum lift using a three-dimensional Navier-Stokes
code is described. Results are presented for two stabilizer configurations with and without elevator deflection.
Predicted lift coefficients are within 10% of experimental values up to the onset of stall. The code is able to predict
the onset of both wing and elevator stall for the two configurations studled Surface pressure distribution predictions

are in good agreement with experimental data.

Nomenclature
= wing semispan
= wing lift coefficient
= pressure coefficient, =(P.—Po)/(V2pV?2)
=meéan aerodynamic chord length
=local chord length
=local elevator chord length
= Mach number
= pressure
= Reynolds number, = (p., V.C)/loo
= velocity magnitude
= distance in chordwise direction
= distance normal to wing surface
=law of the wall coordinate, =(y./7,p)/u
= distance in spanwise direction
= angle of attack
=angle of attack at which wing stall occurred
experimentally
= elevator deflection angle
= elevator deflection angle at which elevator stall
occurred experimentally
u = coefficient of viscosity
p = density
T = shear stress
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Subscripts

e = elevator
w = wall value
oe) = freestream value

Introduction

YHE design of efficient aircraft horizontal stabilizers

L requires that sufficient tail forces be developed while
holding the area and weight of the tail plane to a minimum.
In some regions of an aircraft’s operating - envelope, an
efficient horizontal stabilizer will be very near its maximum
lift condition. A reliable, versatile, and accurate prediction
method for flow over wings near their maximum lift would be
a beneficial tool in the aircraft development process. Such a
method would allow designers to achieve their design goals in
a more timely and cost-effective manner through the reduc-
tion of expensive wind-tunnel testing.
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Recent progress in computational fluid dynamics has in-
creased the role these methods play in aircraft design. Larger
and faster computers coupled with more efficient algorithms
allow more sophisticated fluid flow models to be analyzed
over increasingly complex configurations. Potential equation
solutions have been incorporated into aircraft design proce-
dures for some time. Euler equation solution methods for
complete aircraft are now available and are being integrated
into aircraft design. The more complex Navier-Stokes solvers
for complete aircraft are currently in the research and devel-
opment stage; they are limited by very large computer -Tun
time and memory requirements.

Although Navier-Stokes solvers are not yet practical tools
for the des1gn of complete aircraft configurations, they can be
useful in analyzing aircraft components under conditions
where viscous effects play a key role in determining perfor-
mance. One such situation is encountered predicting wing
performance near maximum lift. This paper describes the
application of a Reynolds-averaged Navier-Stokes solver’ to
the calculation of the flow about two. horizontal stabilizer
configurations near maximum lift condition. Clean-wing and
elevator-deflected results are presented and compared with
experimental data. To be effective, the code must be able to
predict accurately the C, - variation in the linear portion of
the lift curve and the point at which the curve flattens out
(onset of stall). The purpose of this work is to demonstrate
that Navier-Stokes calculations can be an accurate and cost-
effective tool for the prediction of honzonta] stabilizer perfor-
mance.

Governing Equations

The governing equations for this analysis are those com-
prising the thin-layer approximation to the full Reynolds ~av-
eraged, time-dependent Navier-Stokes equations in three
dimensions for curvilinear coordinate systems. This set of
equations is described in detail in' Ref. 1 and will not be
repeated here. The. thin-layer approximation retains viscous
terms in only one direction. The body. surface is mapped onto
a single plane in the computational space, and viscous terms
normal to this plane are included in the calculations. For high
Reynolds number turbulent flow, the dominant viscous effects
are the result of diffusion normal to the body surface, the
thin-layer approximation is suitable for flow about wings
under those conditions. As the wing stalls and the separated
flow regions on the upper surface become larger, the thin-
layer approximation begins to break down.

Turbulence effects are included through the Baldwin-Lo-
max algebraic eddy viscosity model. The flow is assumed to
be turbulent over the entire wing; there is no laminar-to-tur-

_ bulent transition in the leading-edge region. No wake turbu-

lence model is included.
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Fig. 1 Planform‘ and Cross Secﬁoﬁ foi' ﬁe NACA horizontal tail as
taken from Ref. 4. )

- Numerical Solution Procedure

The governing equations are solved by an explicit, fourth-
order, Runge-Kutta, time-marching, finite-volume numerical
scheme. A brief overview of the method will be given here;
full details can be found in Ref. 1.

The thin-layer, Reynolds-averaged Navier-Stokes equations
are a system of partial differential equations in space and
time. Spatial and temporal terms are decoupled using the
method of lines. The region surrounding a configuration is
subdivided into hexahedral cells, and a system of ordinary
differential equations in time is obtained by integrating over
each cell volume. Flow variables are defined at cell centers,
and fluxes are computed at cell faces using averages of the
cell-center variables. This formulation is equivalent to a sec-
ond-order-accurate, central-difference method for smooth
grids.

This algorithm requires someé type of numerical dissipation
to prevent odd-even point decoupling and to suppress oscilla-
tions around shocks. The blended first- and third-order dissi-
pation developed by Jameson et al.2 is employed in these
calculations. Only the third-order terms are included since the
flowfields are totally subsonic.

Resuits

Calculations have been performed for two configurations.
The first is an aspect ratio 4.5 wing tested in the wind tunnel
by the National Advisory Committee on Aeronautics
(NACA).># The second is a generic horizontal tail configura-
tion tested by Douglas Aircraft Company.

NACA Wing

Figure 1, taken from Ref. 4, shows the planform and airfoil
section of a horizontal stabilizer tested by NACA. The wing
has an aspect ratio of 4.5, taper ratio of 0.5, and quarter-
chord sweep of 35 deg. The thickness distribution normal to
the quarter-chord line is that corresponding to the NACA
64A010 airfoil. Tests were performed at Mach numbers from
0.2 to 0.94, Reynolds numbers based on the mean aerody-
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namic chord ¢ from 2 x 10 to 11 x 109, angles of attack from
—29.0 to 29.0 deg, and elevator deflections from +6.0 to
~25.0 deg:

The calculations presented -in this paper for the NACA
wing are all at a Mach number of 0.21 and a Reynolds
number of 3 x 105 Elevator deflections are 0deg and
—10 deg, where a negative deflection produces a downward
force on thé tail. The angle of attack ranges from 0.0 to
—28.0 deg in 4-deg increments. Negative angle of attack also
produces a downward tail force, which will be defined as
negative lift in the following discussion. Production of suffi-
cient downward tail force is usually the critical requirement
for horizontal tails.

A 160 x 28 x 32 cell grid was generated by the three-dimen-
sional code of Chen et al.> There are 96 cells on the wing in
the chordwise direction and 24 in the spanwise direction.
Figures 2 show the grid distribution at the wing root cross
section and on the wing planform for the case of no elevator
deflection. The value y*+ < 5 at the center of all cells adjacent
to the wing. The cell size ratio moving away from the wing in

a) Planform

" P S/

b) Cross section

/ / ‘ ! /

Fig. 2 Planform and cross-section grid distribution for the NACA
horizontal tail,
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Fig. 3 Lift curve for the NACA horizontal tail: M =021,
Re =3 x 105, 8, = 0.0 deg.
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the normal direction is required to be < 2. Approximately 12
cells are included in the boundary layer.

Navier-Stokes predictions for the NACA tail lift are com-
pared with experimental data in Fig. 3. Between 0.0 and
—12.0 deg the code matches the experimental lift coefficient
almost exactly. For angles of attack < —12.0deg, lift co-
efficient predictions are somewhat larger in magnitude than
the experimental values, although the trend is correct.

The differences between the Navier-Stokes predictions and
experimental data for angles of attack < —12.0deg are a
result of the inability of the code to compute separated flow
properly. Three-dimensional separation is a complex phe-
nomenon that is not quantified easily. In this analysis, the
relatively simple criterion of negative chordwise velocity in a
wing-adjacent cell is ‘employed to determine the extent of
separation.
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Using this criterion, the code predicts no separation from
o = 0.0 through —8.0 deg. As the angle of attack decreases to
o = —12.0 deg, a significant separated flow region appears on
the outboard region of the tail lower surface. Figures 4
illustrate the inboard progression of the separated flow region
as the angle of attack decreases. These figures display the
wing planform with dimensions normalized by ¢. The dashed
lines on the planform indicate the most forward point with a
negative chordwise velocity at each span location. As the
angle of attack decreases from —12.0 to —24.0deg the
separated flow region increases to encompass the majority of
the tail lower surface.

Flow separation has a pronounced effect on the wing
surface pressure distribution. At « = —8.0 deg the code pre-
dictions match the measured surface pressure coefficients al-
most exactly, as illustrated in Fig. 5 for the midplane of the
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Fig. 5 Surface pressure distribution on the NACA horizontal tail:
M_ =021, Re =3 x 10°%, « = —8.0 deg, 5, = 0.0 deg.

Fig. 6 Surface pressure distribution on the NACA horizontal tail:
M, =0.21, Re =3 x 105, « = —12.0 deg, 5, = 0.0 deg.
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tail. Decreasing the angle of attack to —12.0 deg causes the
predicted separation region to approach the midplane (Fig.
4). Comparing the predicted and experimental surface pres-
sure distributions at « = —12.0 deg reveals significant differ-
ences, particularly near the leading edge. Figure 6 shows the
Navier-Stokes calculations to have a large suction peak con-
sistent with attached flow at this span station. The experimen-
tal data have no suction peak and are consistent with a flow
that has separated at the leading edge. At a= —20.0 deg,
both the predicted and experimental surface pressure distribu-
tions, displayed in Fig. 7, are consistent with separated flow,
although they differ significantly.

These results suggest that the current implementation of the
thin-layer Navier-Stokes code does an excellent job of predict-
ing the lift curve up to the onset of stall, which is well
manifested by the appearance of reverse flow. When signifi-
cant separated flow is present, the code is not able to predict
the flowfield accurately.

Wing behavior in the stall region can be highly dependent
on the boundary-layer transition characteristics in the lead-

-2.5
— Navier-Stokes predictions

-2.0 0 Experimental data
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] 0.2 0.4 0.6 0.8 1.0
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Fig. 7 Surface pressure distribution on the NACA horizontal tail:
M_ =021, Re =3 x 10°, a = —20.0 deg, 5, = 0.0 deg.

a) Planform

"
b) Cross section

Fig. 8 Planform and cross-section grid distribution for the NACA
horizontal tail with elevator deflection.
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Fig. 9 Lift curve for the NACA horizontal tail: M =0.21,
Re =3 x 105, §, = —10.0 deg. ’
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Fig. 10 Generic horizontal tail lift curve: M, =0.215, Re =1.0 X 107,
3¢ = 0.0 deg.

ing-edge region.® Since the current version of the Navier-
Stokes code assumes fully turbulent flow over the entire wing
surface, one would not expect the method to give good results
when transition is important. Implementation of a laminar-to-
turbulent transition model is necessary to improve the post-
stall flow calculations.

In addition, further grid refinement is necessary to compute
accurately massively separated flows. The grid refinement
near the surface of the wing would have to be extended
further away from the surface, requiring more than the 28
wing-normal cells included in the grids used here.

NACA Wing §, = —10.0 deg ‘

The grid distribution in a spanwise plane and on the surface

of the NACA wing with an elevator deflection of

. = —10.0deg is shown in Figs. 8. Grid dimensions are
160 x 28 x 32, with 96 cells on the wing in the chordwise
direction and 24 cells in the spanwise direction. The grid was
generated using the method of Ref. 5. A value of <35 is
maintained for y* at the surface adjacent cells. Calculations
were performed at M, =0.21 and Re =3 x 10°.

Figure 9 compares the predicted and measured lift curves
for this configuration. The code consistently overpredicts the
magnitude of the lift by about 10%. As the tail begins to stall,
the predictions become less accurate in a manner similar to
the clean-wing case previously discussed. Separation first oc-
curs in the leading-edge region around a = —12.0 deg and
moves inboard in a manner similar to that observed for the
d, = 0.0 deg case.

Generic Horizontal Tail

Calculations have been performed for a generic horizontal
tail tested by Douglas Aircraft Company.” A 160 x 28 x 32
cell grid analogous to that shown in Fig. 2 for the NACA tail
was generated using the method of Chen et al.> At the center
of all cells adjacent to the wing surface, y+ < 5. All calcula-
tions for this wing are at M, =0.215 and Re = 1.0 x 10"
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Figure 10 compares the lift curve predicted by the Navier-
Stokes method with experimental data. In Fig. 10, the angle
of attack is decreasing from left to right and the lift coefficient
is decreasing from bottom to top. For a range of a« down to
Omax» the predicted C; curve is within 5% of the experimental
curve.

At angles less (more negative) than o, a very sharp stall
was observed experimentally with flow separation occurring
initially at about 70% span and spreading rapidly inboard.
The Navier-Stokes code predicts a leveling of the lift curve in
the o,,,, region, a further decrease in C, at lower angle of
attack, and stall at about a,,,, — 7 deg. Only the linear region
of the horizontal tail lift curve is useful for aircraft control,
and so for design purposes the code predicts the same limit of
tail effectiveness as was observed experimentally.

Using the negative chordwise velocity criterion, flow sepa-
ration is first predicted along the wing trailing edge at
Omax + 1 deg, as shown in Fig. 11a. At a,,,, separation has
spread forward in the 70—80% span region to a point near
the leading edge, as illustrated in Fig. 11b. Some loss of
downward force in the region of separation accounts for the
leveling of the predicted lift curve in the o, region. Figure
llc shows that the region of separation doe¢s not move
inboard very rapidly at lower angles of attack. Decreasing lift
at inboard span stations as a decreases allows the calculated
wing lift coefficient to decrease until a reaches «,,, — 7 deg.
Experimental data show that the flow separation region
moved inboard almost immediately as the angle of attack
decreased below a,,,,, causing a sharp stall.

Prior to stall, the code does an excellent job of predicting
surface pressure distributions as well as lift coefficients. Fig-
ures 12 show a comparison of the predicted surface pressure
coefficients with experimental data at four span stations for
an angle of attack of a,,, + 3 deg. Agreement is excellent
except near the leading edge, where the code tends to under-
predict the suction peak.

Generic Horizontal Taii with Elevator Deflection

Generic horizontal stabilizer calculations have been per-
formed at two elevator deflections, 4, + 6deg and §
where J,

€max’

is a reference elevator deflection angle. Experi-

X
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) z/b=0.65 x/c

d) z/b=0385

x/c .
Fig. 12 Surface pressure distribution on the generic horizontal stabilizer: M =0.215, Re =1.0% 107, a = otmax + 3.0 deg, 6. =0.0 deg.
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Fig. 13 Lift curve for the generic horizontal tail: M_ =0.215,
Re =1.0 X107, §, =6 1,ay + 6.0 deg.
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Fig. 14 Surface pressure distribution on the horizontal stabilizer:

M =0.215, Re =1.0 X 107, @ = &, + 6.0 deg, 6, = I, ..., + 6.0 deg.
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mentally, the generic tail displayed the same stall characteris-
tics with elevator deflected as it did with no deflection: a
linear lift curve to the onset of stall and a precipitous decrease
in downward tail force at lower angles. The code failed to
predict accurately the precipitous stall, but calculated lift
coefficients are within 5% of experimental values prior to
stall, as shown in Fig. 13. Surface pressure distributions at
o = 0, +6deg and 6, =9, + 6deg are compared in Fig.
14. The calculated values are nearly identical to the experi-
mental values except at the suction peak. No separated flow
region appeared for this case.
Results at 6 =4, show trends similar to those at
d,,.. +6deg. In fact, the lift curve is very close to that at
e T 0 deg, indicating that the elevator is not effective at
this deflection angle. Prior to stall, the code predictions are
within 10% of experimental values, as displayed in Fig. 15.
Experimentally, the wing stalls precipitously while the code
predicts a more gentle behavior.
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Fig. 15 Lift curve for the generic horizontal tail: M =0.215,
Re =1.0 X 107, 8, =8 ;ppp-
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Fig. 16 Flow separation line on the lower surface of the generic
horizontal stabilizer: M =0.215, Re = 1.0 x 107, a =a,,,, + 6.0 deg,
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Fig. 17 Lift coefficient variation with elevator deflection for the gen-
eric horizontal tail: M, =0.215, Re = 1.0 x 107, a = a,,,, + 6.0 deg.
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As 0, decreases from 6, 4+ 6deg to 6, at o =0y, +
6 deg, the elevator stalls and loses its effectiveness as a high-
lift device. Figure 16 shows that the entire elevator is stalled
at o = O,y + 6.0 deg and 6, = 6, __ . Plotting C;, vs J, for this
angle of attack in Fig. 17 clearly illustrates the ineffectiveness
of the elevator. The Navier-Stokes code correctly predlcts the
variation of C, with §,.

Code Execution Time

The current version of the code réquires 2.5 x 10~ s per
grid point per iteration on a Cray X-MP/18. For the
160 x 28 x 32 -cell grids used in this study, one iteration
requires about 3.6 s. Typically, 2000—3000 iterations on the
finest mesh are sufficient for convergence.

Conclusions

A three-dimensional, Reynolds-averaged Navier-Stokes
code has been applied to the calculation of flow over horizon-
tal tails near maximum lift. Results for two wings with and
without elevator deflection show lift curve predictions within
10% of experimental values up to the onset of stall. Appear-
ance of flow separation over some portion of the tail is an
accurate criterion for determination of the onset of stall. Since
the method can predict accurately the linear portion of the lift
curve and the onset of stall, it is a useful tool in the evaluation
of horizontal tail designs.

The code is also useful for the prediction of elevator
effectiveness. For the configurations studied, the method pre-
dicted the correct variation of lift with elevator deflection
through the elevator stall angle.

As the wing stalls and flow separation becomes more
extensive, the code prediction becomes less accurate. Imple-
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mentation of a transition model should improve calculations
in the poststall region.
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